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PREFACE 


This is a severely abridged version of a Rand Research Memorandum 
(RM-2012) originally released in November 1957 in classified fora to 
the 13.S. Air Force under Project RA5D (the forerunner to the present 
Project AIR FORCE). It is the product of a- feasibility study under¬ 
taken in the spring of 1957 by several members of the Rand technical 
staff and led by Merton Davies and Anroa Katz. 

The report is being released at the present time to make avail¬ 
able— -if even ir. partial form—some of the products of Rand's early 
research into the potentials of space flight. The authors are grate¬ 
ful to the reviewers in the Office of the Bader Secretary of Defense 
for Policy, whose careful reading of the original made it possible to 
declassify and release extended portions of this seainal work. 
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Fig. 3 — Schematic of trajectory and payload attitude 
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IV. THE ORBIT 


ASCENT TRAJECTORY 

The povered-aeeent trajectory Is effected by the combination of the 
Thor booster, with first-stage gal dance preprogramed for the autopilot, 
and the second-atage Vanguard using its autopilot in conjunction vith 
components of the G.E. radio system. 
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During' the period of coast to the design altitude of about 142. miles, 
the *econd stage, containing the spin-up and separation mechanism, orients 
and spins the third stage in preparation for the final velocity increment. 

A typical ascent trajectory ia ahovn schematically in Tig. 3* The orien¬ 
tation, produced by the control Jets (uaing residual helium) in the second 
stage, is to a pitch attitude such that the vehicle it parallel to the 
earth’s surface at 55 degrees South {or forth) latitude. After orientation, 
and before the third stage fires, the third atage and the payload are spun 
around their roll axis to the angular velocity required to stabilize the 
vehicle and provide the proper orientation or the payload. 

lie firing of the third atage separates it from the second stage and 
imparts the final velocity increment required to maintain a circular 
orbit. At third-stage burnout, a trail separation device is fired, sepa¬ 
rating the payload and leaving it, properly oriented and spin-stabilized., 
in free apace. (Appendix S) 
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V. THE VEHICLE 


booses (xmmms 

The boaster eaabinaticn proposed for the early 
satellite is the Eior BSH and tie second stage of Vanguard, with a snail 
solid rocket, similar in principle to the third stage of Vanguard, to 
provide a final, orbital increment. The propulsicn is thus provided by a 
liquid-liqoid-solid ccnbinatico. Table 2 is a sun-ary of v e hi c l e weights. 

Table 2 

Vehicle Weight Summary (lb) 


Orbital payload.....500 

Third stage (solid) »••»*•....*,.. 550 
Second stage (vanguard £kd) ...»•••<>. ft,730 
Initial stage (Thor) ..110,892 


Proa a preliminary structural investigation it appears that the Thor 
airframe and its major caspcnenta need not be modified for the satellite 
mission. The Thor autopilot and control lyntaa can be used for first- 
stage guidance, although there is sane possibility that this system would 
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require seme modificatiai to offset the heavier load on the nose of the 
Thor and the increased loads during the ascent trajectory. For the 
satellite nissiaa, the Thor inertial guidance systen vill not he required, 
lie basic airfrasa of the Vanguard second stage need not he oodified 
for this application, with the excepticn of the aft interconnect structure, 
which vill have to he desired to Bate the 32-in. disaster Vanguard with 
the 64-in. disaster Thor nose cane. The guidance syatea of the second- 
stage Vanguard would he used in conjunction with G,E. (IOTA) canpouents. 

The site of the third stage baa not been cptialsed. However, the 
Vanguard third stage is characteristic, in concept at least, of the type 
of solid, propellant rcciet that wuld he required for the present application. 
{Appendix F) 
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Tracking will be required for essentially three reasons: to determine 
the orbit accurately enough for coordination of payload data; to 
trigger the braking rocket at the proper tine for the descent; and to 
establish the descent path so that the impact point can be located. 

Bis number ef trackers required and the spacing between then is 
dictated partly by the guidance accuracy. So insure against guidance 
inaccuracies in launching, it is proposed that tw or three trackers be 
used in an arrangement which places t he n generally with shout & 200-21 
separation on a line normal to the orbit, 

• A seccod factor that most be considered ia determining the number and 
spacing of trackers is the deterioration of tracking accuracy at low 
angles shore the horizon. It is highly Important that the satellite pass 
close enough to at least one station sc that sufficient tracking data can 
be obtained at angles of elevation greater than about 20 degrees. For a 
ncoiaal satellite altitude of lb2 ni, this requires that the satellite 
pass within roughly 5 degrees of the station, or within a ground range of 
about 350 id, Again, tw or three trackers at intervals of 200 mi normal 
to the orbit are dictated. 

Because the satellite is to be placed cn a polar orbit, these 
objectives can be net by a snail number of trackers near one of the poles. 
It seems advisable to locate the tracking itatims, say three of them, 
at a high northern latitude such as in Alaska or Canada, Spacing should 
be about 200 mi in locgitude. 

Tracking data would be in the form of two anglea and a range to 
permit .orbit prediction. The use of range information considerably relaxes 
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the requirement for angular accuracy. To obtain range, a transponder in 
the satellite is required, {Appendix G) 

Descent from orbit is achieved by the command firing of a braking 
rocket in the satellite. Assume that the satellite is cosing over the 
pole, that it is picked up by trackers in the north, and that an impact 
point in the Pacific is desired. The braking rocket is then fired forward 
and upward, imparting a downward and backward velocity inpulse super¬ 
imposed on the orbital velocity. Ice resulting velocity vector points 
downward, so that the vehicle is effectively in a ballistic trajectory 
comparable to the 'lev-angle',i.e., lcwer-thaa-opticum, path of a 
long-range ballistic dssile. ■ 

Tracking of the vehicle imsdiately after the beginning of descent 
establishes a predicted vacuum path. This,, together with predicted 
a ten spheric effects, cakes it possible to predict the approximate impact 
area. The vehicle is protected against re-entry heating by a coating of 
suitable vaporizing material: 80 lb of fiberglass-reinforced plastic, 
such as is used on advanced designs of the ICBM nose cone and on the 
Jupiter nose cone, is suggested. Impact survival of the casing, pay- 
load, batteries, and beacon is cade feasible by the proper selection and 
arrangement of structural components. Search aircraft are used to find 
and recover the payload. This means that the radio beacon must operate 
after water impact, and possibly that some type of dye marker should be 
released upon impact. (Appendix H) 
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(Sections VII and VIII, and Appendixes A and B (pp, 23-40), deleted) 
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ACTITOD2 STABnjZATXOH 1 
T. B. Garter 

By spinning a ■vehicle about its longitudinal axis, the attitude at 
the body say be stabilized with respect to an inertial reference. It is 
of interest to examine the effect upon the angular action of the body of 
external, applied torques. Such torques iay arise frcn a umber of 
sources: aerodynamic forces, the notion of eccpanenti vithin the vehicle, 
or disturbances during propulsion, figures 1 and 2 define seas of the 
variables of interest. 

In order to simplify the analysis, a circular orbit has been aasuned. 
The rotational equations df action of the vehicle, in body axes are: 

(*) 

W (i) 

{«) 

freo fig. 2 the relation between angular rates in body axes and the rate 
of change of the orientation angles nay be deduced. 

£ * Uy cos f - u t sin t fa) 

7 cos 9 * ty sia t * cos f (b) (2) 

t • + tan 9 £u y sin f cos (e) 

The first disturbances that vill be considered are those due to resi¬ 
dual control system errors, With a constant spin rate, u^, about the 


. Vi 

- (jy ^ W 


. h-h *y 

U + 6) U m 

T 1, III, 


• Vi M I 
"i + i— u ! *t * r 
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X,Y,Z, Inertioi system 

x Longitudinal axis of the vehicle 


Fig. C—2—Orientation angles indicating angular positions 
of the velocity vector and longitudinal 
axes with respect to an inertial reference 
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longitudinal’sals, and with no disturbing torquea, Eq. ( 1 , bnde) have 
the following solutions: 


“t " *} B i “x * “j ,l!1 8 t 

(5) 

“l * “1 c0 ‘ 8 , - "j *In B s 

(V) 

I-L 

sirre I « l x m Xj fiid B t • — 


Id. trailing K£l. (3) led (V) into Eq, ( 2 ) yield. 


6* £• 

« » e„te.-5Z + s Zi»«Bt+S»inBt 

0 B I B I I B x I 

(5) 


€ 4 £ 9 - *7 

7 h + ?£ ,ia y < 6 > 

x x ^ 

1 * ere Sj,. * .Y“" ; tad ♦!* residual Initial, arrors are denoted by € 

with the appropriate subscript. 

In obtaining Bqs. ( 5 ) sad ( 6 ), it has been assured that 8 and 7 are 
saall angles, and that their product and the products of their tire deri¬ 
vatives aay be neglected* The validity of thia anmpticc depends upon 
the aagnitude of ^ in Eq. { 2 ,c} as coopered to the regaining teras on the 
right hand side of the equation* 

. She angle of attack, a, is of Interest since it indicates the departure 
of the longitudinal axis of the vehicle Srm the local hori rectal, With 
the aasusptire that, over the range of fig of interest, 7 and ^ are aaall 
angler, the rigid body angular retire with respect to ths vftloeilqr vector 
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in the absence of aercdynaaie or other disturbing torque* my be readily 
deternined. (See Jigs, 1 and 2,) 



vhere o q it the desired attitude of the body *t the Initiation of the 
problea, rad 6 ^, g^, 6 ^, and €• are the residual errors in a and p and 
the rates of change of those angles at the end of the orientation control 
period. 

As wuH be expected, vith all of the control errors equal to zero, 
the body longitudinal sals is stationary vlth respect to an inertial 
reference. However, as excdnation of the shore equations indicates that 
with rate errors present, the usual processional aotlea of a spinning body 
viU occur, 

Cccsider nov the resultant error in 0 and 7 caused by this precession, 
7cr the error in 5, values of l°/sec to 3°/sec will be assured. This 
performance is cooparable to that obtained In the attitude control of 
current vehicles.* A aiallar value viU be attuned for 6 ,, The angular 
position arrow, and sight be as large as 2°, With fi and 7 stall 
angles, the vehicle orientation error due to residual rate errors is; 

*Buchheiifl. B. V,, 'Lunar Instruaent Carrier—Attitude Stabilization, • 
BK-1730, June 4, 1956 (Unclassified), 
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*V,r 


* 1 M 


r 


' 


( 6 oV feV 


• 

lr) *\f\ 

(1 - cos B x t) 


\ x j \ x j 




. 


1/2 


(9) 


Figure 3 indicates the aanner la which the envelope of ^ varies as a 
function of the paraaater S^. 

At the end of the control and stabilization period the vehicle is . 
boosted to orbital speed* With the thrust axis aisaligned by a scall 
angle, 5, a disturbing torque is applied to the craft. 


*r * t ‘4- s 


( 10 ) 


where T is the thrust, and ^ is the acaent era. 

With zero initial condition, Eq, (l, b and c) new hams the followlfg 
solutions: 


5 4 5 

‘V * m ^ H c “l 1 


( 11 ) 


IjLs 


( 12 ) 


i-i, 

where 0 £t <tg , and 8 r m —|—- . 

It is assumed that the thrust is applied as a step function. Thus, 
Bqa. (11) and (12) are valid up to the end of the burning period, tg. When 
t > , 4^ and u s have the following fora: 


T 


Or 

■jj-j- I «ln CM R^t + (cos - 1) lifi R^t 


!W) 



£» A o 
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* x x 8 r *1 

"z ■ IR^; Wt ' 11 CM W - 1111 VA WI 
shew t >0 . (Zero fete redefined at the end 6f taming.) 
introducing Bqa, ( 11 ) and ( 12 ) into Eq. ( 2 , a,b and c) yields 


(*) 



* 45 


§ 


M 


14s 


y coa 9 

* r^r h 

0 >) (1?) 


* 4 « 


t 

* V 4 * 58 h 

(e) 


■where 0£t<tg andwhere 

P^, * sin a g ^t cos t + (1 * cos S^t) »in jr 
p g - ain E z «t ain f - (1 - coaB.wt) cos t 


la the ows of Sq. ( 15 ), the T&lidity of a nail angle solution 
depends upon the mgnitude e? 5 8/l * It should be noted that 

this tern aay ta reduced by reducing the thrust and increasing the taming 
titae »uch that the total jjspulse res&in* constant. 

* A procedure that aay be followed in obtaining solutions to Eq, 

(15, a, b and c) is to expand f in tern* c£ & Taylor series in one 0? 'the 
parameters of T 8/l Bn . Thus 


t M 


Wk*) 


(16) 
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vlth & little MnipulAtim, 6 mj U eliminated froo Kq. (15, b and <5) 


t 



P l I 2 + C**«/ 



(17) 


7-'Oa Jq. (17) the first three tern or the erpsnsicn of tq. (16) »sy he 
determined. Thus: 



(*) 

P>) 


T 


:(I+ V „ 2 

~vr + ^ 


i (i, - i) 

-—j-.inSJ 



(I (i, + I) \ 

P 7 ?/ ■"‘W 


(18) 


•111 (u + B } t + - 


(e) 


+ ^ tin 2 

*i examination of Eq. (18, »,b, «nd e) Indicate! that the first effect of 
the *iftftlignnent torque appears in the coefficient of a 2 , mi con»ist» of 
a term linear in tine pin* &n oscillating component. 
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1 ( T 4 S \ 

uA 


t + 


i f T A * 


2 II Bb 'ok. 


(19) 


*it 


introducing Eq.» ( 19 ) into.Xq, ( 15 j») and integrating yield* 

0 


ij |«0« [H x + U J t - l| 

\ j 1 "' 0 ' [“ I + |1 ] 4 ] 



( 20 ) 


A 


•it 


*V 

¥*/ "W 




i /*4#f (x + ij 

U 1 ^) TST 


Fraa Bq, (20) it can be seen that the disturbing torque influences both the 
amplitude and the period of the pitch oscillation. 
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Conbinlhg Bq. (1?jb and c) yields: 

,\2 




1/2 


( 21 ) 


Equation (21), upon consideration of Bq. (18) and Bq. (19), wy be reduced 
to the following fora: 


• * 5 4 5 


/*jUV 

- m 

1 ^1 
\^K) 

J- (cos I^t - 1) + (1 - cos U^t) 


Integrating Bq. (22) yields: 


V to [****] 

[V 1 ] 


* A «1b 
"i 


t +- 


1^8 


( 22 ) 


(25) 




If terns up to 5 are retained, then the pitch sad yav errors due to thrust 


aisalignnent at the and of the timing period are: 

as. 


^ [cm +A l-ew^+^t, 


(*) 


sad 


i7 s ” Aj, 11,1 ( 5 j * s) *b ■ * u •l»(o I +»)t B (25) 


An eaminatico of Bqs. (2h) and (29) indicates that, for a taoua Disalign¬ 
ment angle, and Ar & lay be constrained to be »ro at tg for any 

particular rahiele design, regardless of the value of and A^ , Thus, 
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B x + n * ^ 

( 26 ) 

. il^Sk 

(27) 


nhere n is *a even integer. 

introducing the expression for ji given vith Xq. (20) into gq, (27) 
yields: 



The ratio, y lay be found in terns of sad by subtracting 2q, (26) 
frcn 2q. (27), Thus, 


».*#**♦ toJr^i. 


ln *jpmr!mte K&tim of Iq. (29) my be foiffli by emmSteg ^ in a 
Taylor series in 5, 


"x 


il±°k , 



(30) 
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Figure i is a plot of the required and ijl as a function of the turning 
tine for the case in which n is 2 . 

Be thrust aisallgmaent angle 5 is, of course, only known in a sta¬ 
tistical sense. Figure 5 shows the variation of the errors in 9 and 7 
as a function of 5. In this particular ease, the systea has teen tuned 
such that the errors in pitch and yaw would he sero at the end of a 
5,9 second burning period. 

Pitch and yaw errors wild he expected at the end of the burning 
period due to errors in the spin rate, the burning tiae, and in other 
parameters, such as ijl. Since the comsats of inertia of the vehicle nay 
be carefully adjusted prior to-flight, only errors in 9 and 7 due to 
and Atg will be considered. Bras 

M 4b ’ [“* te* + *5 ' *] * hj. ,lE + **) *B ^ E l + 

( 32 ) 

+ j^l- eos (Uj+ti) tjJ + (t^ + iO ijiUj + u) 

However, for a tuned systes, A 9 ^ 1 * sero for small errors in 
Similarly, &Q is icro, la the case cf the yaw angle, 7 , the following 
errors would be expected: 

% * \ (t H*b) m 

and 


(b^ + u) Atg • (1^ + u) Atg (Jk) 




Pitch or your error angle, Afl or Ay (Rad) 
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Fig. C-5—Pitch end yaw error angles at the end 
of burning os a function of the thrust 
misalignment errors 
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Proa the definition* of L . A ui n upon page 8, it is apparent 
\ u x 

that is also zero, while ^ 7 ^ 1* approxiaately zero, 

After the burning period it over, 8q» (13) and Si* (lk) give the 

body rates, and u t . Howver, free the definition of R a , and fm 

Eqs, ( 26 ) and (27)* it can he teen that R^tg 1* equal to 2* radians, 

33ms, u y and. u a are sero far t >tg. 

Of course, the aost direct approach in reducing the lagnitudes of the 

forced errors, in 6 and j is to increase « x * Par large tnlnes of the spin 

rate, the solitude ccnatanta, L ind A , approach sero, and it is 
i “x 

not necessary to adjust the periods of the oscillations. 

Sower, system operation dictates a spin rate of appradxately 2 
radians per second. Thus, unless the required increnmt in speed is, by 
design, kept mail so that, in turn, the niaalignaent torque is mall, the 
periods of oscillation should he tuned to ensure mall errors after the 
propulsion period is orer. 

The next effect to he exaained. is that of residual aerodynsnic forces. 
Frcn consideration of Pip, 1 and 2 In conjunct!® vith 2qs, (1) and 
(2), the following equations ay be written: 

a + ay-^djj + wJ + ^ + j.,) * U (35) 

{ 

» + " 7 - (I & +Dp) - (a + 4,) (i - 8^) • 0 (36) 

where L fl ii the lift force due to a, acting perpendicular to V, 

Lg is the lift force due to p, acting perpendicular to V, and 
D is the drag force acting along 7, 3a obtaining Kqa, (35) 
and ( 36 ), all angles except y are aaiuned to be ’assail angles.' Thus, 
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(») 


(b) (37) 

1 % 

(«> 


Upon adopting & circular orbit, and letting f » , 2q, (55) and Eq. (3o) 

have tie folloving fora: 




P-- 


(s 


C+ ®V ■ 0 


(l^w) (vS) * 


(38) 


(39) 


©ft aolutioo* of Sqs, (38} and (39) say be readily obtained. 
* - 2 




m 


s o r g E i s o r g 8 i l 5 t 8 o r g R x *1 ms V 

' . ,2 2 - 2 2/2 ™ v + o 2, 2 2 

It ^ * r »„ - * 5) 7 r \ I 1 ! * s 3 ) 

(to) 


2 V *1 

*i ' K *T*T 


nhere 
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2 V \ 

S + X‘F 


2 


- T 2 


Is tie aerodjnenic effects teese negligible, tie jaraietcr spproachea 
tero, utile ^ approsehes S^. If tie Ktellite haa a tm day operational 
capebmty, then the CMlitno value of t i* of the order of 1.75 x li? 
skoIs. for the eagle t^t to retain nail over tile period of tire, it 
1» necessary that have a asgnltude not greater than 10"^. Baa 

■ lO'^Bj (te) 


figure 6 if a plot of ^2, the ratio of the atatic aargln to the 1 
pitch-yaw assent of inertia, as a function of altitude nith the restriction 
iapoeed hy St. (te). 


As a typical etarple, for an orbit altitude of 800,000 feet with R 

i 

equal to one and Kith I equal to 20 alug-ft 8 , the center of aaaa and. the 
center of pressure nay have a -.exlaa feperatico of 0.575 inches to enanre 
that torque* due to aerodynaaic effects are negligible. Hth z^t a snail 
angle, Eq. (io) and Eq. (hi) have the toUoving fom 


°o E 

k.2 


t+ \ ainRt 


2 2 
r % 


—co* 


( 45 ) 


(44) 
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Thus a is approrinstely equal to ® Jg t , while 0 is approximately zero, 
frhich Is the result indicated by Sqs. ( 7 ) sod ( 8 ) far the case of zero 
initial errors. 

Disturbances which arise due to the notice of internal components 
iay-be siniaized by the proper placeaent of such gear, As an example, 
any rotating wchinery should be placed, if possible, with the axes of 
rotation coincident with the vehicle** longitudinal spin axis. The action 
of *uch equipaent vlll then cause perturbations in the spin rate, but frill 
not exert ament* union would result in a pitch or yaw action. 

If it were required the spin rate could be regulated by the use of 
a reaction wheel. 

Other disturbances such as those due to aetecr iapact and Magnetic 
field interactions lay occur. However, the former event appears to be * 
very anlifarty, while a preliminary examination of the latter effect indi¬ 
cates that for the vehicle under ccswideratiai, no significant errors 
should develop during a two day operational period. 

Thus, the expressions for the total error in 8 and 7 are; 


AO . ±£ g i 0.707 AA, )7 * /» 5 

P>5) 

»* *s *°- 707 *<,* v V 

. {«) 


In order to evaluate the root sun squared values of [fi and iy, the 


following values have been assumed: 
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6, - e 7 - t 0,035 rad 

■ £. ■ + 0*035 rad/sec 

* 1.957 r*a/«ee 

. 7 0.035 nd/«c 

7, 

y > 0.465 
*5 « 5.9 •«:» 

T3e preceding values, in conjunction vita Jigs. 3 and 5 and 2qs, (45) and 
(46), yield: 

i9 * 0.037 rad ■ 

rss 

4? r» ' “•i® 1 * 4 

The primary scarce of rate disturbances is the initial residual error rates. 
Thus 

* &7 * 0.049 rad/«ec 

Prom tie point of viev of the operational requirements, the attitude 
stabilization of the vehicle poses no particular difficulties. The assumed 
performance of the orientation control system la vlthin current capabilities, 


(1.) Buchheln, R, W., ’lunar Instrument Carrier—Attitude Stabilization,' 
The RARD Corporation, Research Memorandum RM-17J0, June 4, 1956 
(Unclassified). 
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GUIDANCE ACCURACY RSQDlRSiSiTS 
J. H* Huntzicker 


The inaccuracies that nay be tolerated in the ascent guidance systen 
can be related to the design altitude, which is determined by a canpronise 
of the desire for large scale and the requirement to keep aerodynamic 
forces negligible during the operation. One problem which should be re¬ 
solved during the satellite test program is the determination of air 
density as a function of altitude; with these data a minimum operation 
altitude can be established. 

For purposes of determining guidance tolerances a design altitude of 
750,000 ft (142 mi) has been selected, with permissible variation being 
+250,000 ft ( 47,3 ml)* At these altitudes aerodynamic effects are nominal. 
If the variation in altitude were to be considerably reduced the design 
altitude could, of course, be lowered. 

This acceptable range of altitude (142 +47*3 ai) can be interpreted 
in terms of ascent guidance requirements in the following manner: The 
minimum or perigee altitude (h^) and the maximum or apogee altitude (h fl ) 
are uniquely determined by these conditions at the end of final, or third- 
stage, burning; the magnitude of the velocity (v^), the direction of the 
velocity vector with respect to the horizontal (3^) and the altitude (h^). 
They are related by the following equations: 
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cos 2 ^ 

I Ji*J 


p(l+e) 


where 

r. <■ h, ♦ r (r * radius of the earth) 

1 18 8 

p « g r e (g » the gravitational constant) 


( 1 ) 

( 2 ) 


and the orbital eccentricity e is defined by 


i , tA. cos 2 £ 

• - - (2.- r 3 2 r 3 /|:) - 2 - 2 -^-i 


Hi 


13 ) 


Figure D-l presents h and h as functions of av. for varying 
a p p 

A 'diereAT. » v* (v„ » circular velocity at ly mi) and a£ * ' £ 
i i i c c i 5 

(i,e,, 0 for a circular orbit). This figure does not include the 

effect of errors in the altitude of final burning (Ah^)« This effect 
can be approximated by 


dh dh « 


(4) 


Figure D-l wiH yield a measure of the inaccuracies which are 
tolerable in the control of the ascent trajectory, but this only in¬ 
directly, For D-l to be meaningful in terns of the performance required 
of the guidance equipment it is neceseary to examine the flight path to 
determine where errors originate and how they propagate to the point of 
final thrust cut-off (Point 3). 
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Fig. D-l—Apogee and perigee altitudes re toted to errors 
; »n the magnitude (AV 3 ) and direction (AX 3 ) 
of final burnout velocity 
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Figure D-2 Illustrates a representative ascent trajectory. At Point 
1 second stage burn-out occurs, followed by orientation and spinning of 
the third stage. A long coasting period (about 4800 n ni) takes the ve¬ 
hicle from Point 1 to Point 2 where third-stage burning occurs. Point 3 
is the point of final burn-out and hence the initiation of orbiting. 
Inaccuracies in guidance prior to Point 1 will result in errors in 
altitude, velocity, and direction appoint 1, Each of these errors con¬ 
tributes to errors in all three quantities at Point 3* Errors are also 
introduced by inaccuracy in the control of the magnitude and direction 
of the velocity increment added between Points 2 and 3, Due to the snail 
amount of velocity added in the third stage (approximately ’00 to 5CO 
ft/sec) the effects of these errors should also be small (e.g,, if the 
velocity varied by + 2 per cent and the direction by ♦ 5 degrees- the re¬ 
sultant errors in final cut-off conditions are ♦ 10 ft/sec and + 1*7 nils, 
which, if added with zero correlation to the errors originating at Point 1, 
will be negligible.) * \ • - \ 

The assumption was made that final burning occurs at a constant range 
angle measured from Point 1, If final burning were controlled with a pre¬ 
set clock, farther errors would be introduced by inaccuracies in the clock 
and by variations in the time required to reach the desired range angle. 

'The latter introduces an error in range angle of less than 10 miles.' Compa¬ 
rable accuracy in the time base would require a clock accurate to about 
0,1 per cent (~ 8 Q sec/day). These effects will be insignificant relative 
to those caused by errors in second-stage cut-off conditions. 

On the basis of the preceding considerations .the remainder of this 
study was restricted to an examination of the propagation of errors from 
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Point 1 to Point 3 (nearly identical in space to Point 2)* During the 
coasting frcm Point 1 to Point 2 the vehicle follows an ellipse described 


by 


r 


Wj 2 ^ 2 cos 2 
p(l-« cos 0) 


(5) 


where 0 is the range angle measured from the apogee of the ellipse arai 

r l ■ T dl * 4T 1 

T 1 ' r dl * 4r l 

r i * *ii * iS i 

The symbols v^, and are the design conditions at Point 1 as 
indicated ca Fig. D-2. The values at.,, as* and aK are calculated at 

y 3 3 

a point dwn-range 0 = radians (0 fi is the design coasting range angle - 
see Fig. D-2); 0^ will be equal to 0^ +' 0 c (0^ being negative inasnuch 
as the apogee is down-range fron Point 1). 

In addition to Sqs. (3) and (4) the following aw used: 


r r x 1 

(M 

y -S-Stoj 

h a cos 0 

(7) 

The final errors are then 


A W T d2 

(8) 

4r 3 " r 2 ■ r dj 

(9) 

A2 3* K 

(10) 


These were calculated for all combinations of a range of values of 
nvp Ar^ and A 2^* Representative results are plotted as Figs. D-3, D-4 
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and B-5« As can be seen, the relationships are quite linear within the 
range of interest and can be approximated by 

AVj . 4.5 xl(K^- 0.75 IVj-lCf 3 ^ (11) 

ir 3 . 2.1110’ AJj *1.5 I lO 3 ^ ♦iAl'j. (12) 

- 0.1 A ^ ♦ 7.5 * 10" 5 4Tj-5i lo" 8 (13) 

A narked negative correlation exists between A v^ 5011 Ar y the cet 

effect being to limit the variation of h and h of the final orbit (see 
a p 

Fig. 0-1). This is further demonstrated by the inclusion of at* on Figs. 
D-3» 2-4 and B-5, where av* is the velocity error defined with respect 
to the actual altitude at Point 3 rather Hi an the design altitude. The 
Talus of at* is in general only a fraction of av^. 

Based on the foregoing we can stipulate the'approximate accuracy 
required of tha first- and second-stage guidance equipment. In order to 
establish an orbit which will reaain within altitude limitations of 
142 ♦ 47 ni we could tolerate probable errors in velocity of as ouch as 
+50 to +75 ft/sec and probable errors in angle of up to +4 to +6 ails. 



Ah 3 {thouBahdB of ft) g Ay 3 (rad) 




AV 3 and AV*{ft/i 



•10 


20 


J- 

0 10 
A h|. {thousands of. ft).... ^ 

fig.D-5- Errors'at {ioinf 1 3 (AV, Ah,S?%nd A/j) 
coused by errors in altitude at point I (AV,) 
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Appendix E 
FLIGHT MECHAHICS 
E. A. tieske 

Hie min features of the orbit of this proposed system 
are the inclination of the orbit and the spatial orientation of the satel¬ 
lite vehicle: the orbit is to be in a plane passing through the poles, 
and the satellite is to be oriented so that its roll axis is horizontal at 
a latitude of 55 deg — that is, the roll axis is at an angle of 35 deg 
relative to the equatorial plane. A polar orbit requires that the satel¬ 
lite be launched in a southerly direction from Carp Cooke {latitude 3h.5 deg 
lortb), and. that the roll axis of the satellite be oriented so that it ia 
horizontal at a latitaie of 55. deg South. If the final orbital velocity 
Increment is to be added at 55 deg latitude south, the total ascent is 
approximately 5lri» n ml. Bat is, this satellite ascent path is equivalent 
to the first half of a shallow ballistic missile trajectory of about 
10,000 n nd total range. Ms ascent path vill require the Ey-ri mn perfor¬ 
mance capability fna the booster combination. An alternate mthod of 
establishing the orbit with the correct satellite orientation will be 
discussed later. 

The launching vehicle for the satellite consists of a tvo-stage booster 
ccabination - the Thor and the second stage of Vanguard - plus a saall 
solid propellant rocket of the Vanguard third-stage type to give the final 
orbital velocity increment. The booster stages are described in Appendix F. 
The vehicle parameters pertinent to the performance study are repeated in 


Bible 1. 
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VEHICLE PERFORMANCE PASAHSTERS* 


Thor 

VL m 13,880 lb 

h 

V - 97,030 1b 

P 70 ?! 

I q ■ 245 sec {sea level) 

T * 150,000 lb 

tg * 158*5 sec 


Vanguard II 

Wg - 1430 lb 

V • 3320 lb 

prop 

X' « 278 sec (vacuum) 

T * 7500 lb 

tg * 123 sec 


Final Stage (solid rocket) 
‘ I *245 sec (vacuum) 
v* *.0.750 


These parameters were used In the trajectory analysis. 
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The burnout velocity of the booster combination was approximated by 
use of the theoretical velocity potential of each stage minus the approxi- 
aate values of the velocity losses due to drag and gravity. The velocity 
loss due to gravity during the Thor powered stage, flown on a gravity-turn 
path, is shown in Fig. 3-1 aa .a function of the first-stage-burnout path 
angle. The velocity loss due to drag for a nominal configuration is also 
included. The second-stage gravity loss is given in Fig. E-2, also for a 
gravity-turn path. The curve of first-atage-buraout path angle is included 
to relate the two figures. 

An average specific toulae ratio I/l Q « 1.13 was used for the first 

stage. The second stage operates at altitudes above 200,000 ft so that its 

/ • 

drag deceleration will be snail and is neglected in this analysis. The 
second stage specific impulse will be constant at the vacuum value of 
278 »m. 

The approximate burnout altitudes of the first snd second stages are 
given in Fig. E-3 as functions of second-stage path angle. The first- and 
second-stage burnout ranges are approximately 93 and 450 n ml respectively, 
for trajectories which are nearly horizontal at second-stage burnout. 

The final burnout,velocity, at a given path angle, is given by 


V ■ * ^ ® ■ Vl) • «* K (1 • v 2> • “\ • \ - \ 

where the propellant-gross weight ratios and Vg are determined from the 
assumed second-stage payload weight and the data given in Table 1, 

The second-stage payload weight is given by 



“orb 

X-’v/v* 


+ 25 



pa 
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Fig E-2—Velocity loss during second stage 
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with a propellant - total motor weight ratio v* of approximately 0.75 (see 
Appendix F), and the required v value computed from the orbital Telocity 
increment uaing a apecific insulae X * 245 see. 

The ascent trajectory for an orbiting weight of 300 lb launched from 
Cairo Cooke directly into the oibit at 55 deg south latitude is shown in 
Fig. 8-4. {Hiis ascent trajectory vaa computed for a circular orbit at an 
altitude of about 3B0 stat ni.) The total booster velocity potential, with 
a second-stage payload weight of 350 lb, is 29,350 ft/see which ia decreased 
to a burnout velocity of 25,700 ft/sec by the losses due to drag and gravity 
on this shallow trajectory. She second-stage-burnout path angle is 2 deg 
at an altitude of 335,000 ft, resulting in an eccentricity of about 0.035 
for the free-flight ascent ellipse. Hie circular orbit velocity increnent 
required for this trajectory is only 450 ft/sec, which is typical of a long 
range satellite ascent trajectory. Hie solid rocket motor for this orbital 
velocity, increnent' will weigh about 25 lb. Hie total required velocity 
potential of the three powered stages-is 29^800 ft/sec for this ascent 
trajectory. 

Hie effect of total ascent range on the allowable orbiting weight is 
shown in Fig. E-5- It can be seen that the allowable orbiting weight for 
this vehicle combination could be about ^00 lb, or an increase of about 
30 percent, if the ascent.range were about 2700 n.sd, or half the range re¬ 
quired for launching the satellite frees Camp Cooke and entering the orbit 
at a latitude of 55 deg South. 

The relative velocity contributions of the booster combination and of 
the final stage will vary as the ascent range is changed. A* the ascent 
range is decreased, the required orbital velocity increment is increased 
while- the booster velocity increnent is decreased. Hie net result is an 




Fig.E—4— Typical ascent from Camp Cooke 
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Fig.E-5— Orbiting weight-vs ascent range 
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increase in the allowable orbiting weight as the ascent range is reduced to 
a m or e nearly optima value for this booster combination. 

The lower horizontal acale of Fig. E-5 indicates the corresponding 
launch latitude for orbit entry at 55 deg South. For example, if the 
launch site vere at a latitude of approximtely 10 deg forth (Parana), the 
allowable orbiting weight for this booster coafoinatlon would be increased 
by about 10 per cent. Alternately, if the orbiting weight were fixed at a 
■value of 300 lb, a rat 11 performance margin would be available. 

Another possible scheme of establishing the satellite in an orbit with 
the required vehicle orientation (horizontal at 55 deg South) is sketched 
in Fig. E- 6 . She trajectory parameters at second-stage burnout are such 
as to lead to a free-flight ellipse which has an apogee altitude somewhat 
.higher than the required -orbital altitude at a shorter distance ffroa- the 
launch site. After second-stage burnout, the satellite vehicle i$ oriented 
correctly (roll axis at 35 deg relative to the equator) and spun to the 
required roll rete. Vhen the vehicle wests 15 to the required orbital 
altitude at an interaediate latitude, 1 ^, the third stage, which is oriented 
as sectioned above, adds the appropriate velocity increment to the vehicle’s 
velocity in the ellipse so that the resultant velocity is directed hori¬ 
zontally at that point with a aagnitude equal to the required circular 
orbital velocity. Ihe final velocity increment required for this method of 
orbit injection will be somewhat larger than the value required for in¬ 
jection at- 55 deg South (Fig. B-h), so that the final-stage gross weight 
will be increased slightly. Be varlation'of orbiting weight with range to 
apogee shown in Fig. E-5, however, is such that the required weight increase 
way be compensated for. 
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Fig.E-6-Alternate satellite ascent 
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Appendix ? 

VEHICLE DESIGfl SUMMAH7 
S* C. Seffern 

FIRST-STAGS BOOST ER 

Tbor (WS—315) ISBM is used to provide the initial rocket-powered 
boost for the proposed satellite. Based on a preliminary 
review of the Thor airframe and its major components and systems, it 
appears that an upper stage, or stages, weighing 5000 lb could be placed 
on the Thor without rsodificatiun to the basic airframe and its primary 
components. The estimates presented in this report are intended to out¬ 
line the more basic considerations associated with the use of the Thor 
as a. first-stage satellite booster, and are not intended to reflect a 
complete analysis, 

.. for the trajectory analysis presented in Appendix S, a weight summary 

of the Thor missile is given in Table 1, These data are based on informa¬ 
tion contained in Refs. 1 and 2. 

Table 1' 

WEIGHT 5UMHAHT - THOR MISSUS (lb) 


• Structures Group .... . 3060 ■ 

Propulsion Group. 2380 

Guidance and Control Group* ... , , 1565 ’ 

“ l! '"'‘Separation System 1 .TiV'. 30 

Electrical.System*.-. 200 

Dry missile - less upper stages . . i .. . . 7235 

Unusable Propellants.1525 

Pressurization Gases. 372 

*'* ">• Burn-out Weight' - less upper stages # . t gg 

Usable Propellants. 97,030 

Take-off Weight - less upper stages.106,162 


Modified weights - see discussion below. 
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The modified guidance and electrical system weights are due to the 
omission of the ACSP guidance unit and a portion of the vernier system 
for the satellite mission, Elimination of the guidance unit reflects 
a weight reduction in the electrical pcwer system, as well as in tie 
guidance system, because of reduced power requirements. (It is assumed 
that the required electrical p»er is obtained from the same type battery- 
inverter power source used in the early Thor missile.) Since vernier 
rockets will be required only for control during the main-rocket boost 
in this application, the vernier propellant tanks nay be omitted. The 
allowance for unused propellants shown in the table includes a 1 per cent 
reserve for propellant utilization errors. 

Although the axial loads resulting from the 5000-lb upper-stage load 
(the design re-entry-body weight is 35 OQ lb) are estimated to be within 
the load-carrying capability of the Thor airframe, the increased length 
of the upper stages nay result in a larger airload and larger bending loads, 
which may require localized stiffening in the guidance section and in the 
section between the tanks. Because of the differences in the diameter 
of the re-entry adaptor ring and the body diameter of the' upper stage, 
it maybe desirable to consider a modified nose, or guidance, section 
for the Thor missile. The actual design of this section would, of course, 
be determined by the actual design choice of the upper stage. If the 
second stage of the Vanguard system is nsed on the Thor booster, this 
guidance section may be modified as shown in Fig. F-l. 

3BC0ND-3TAGE BOOSTER 

The second-stage of the Vanguard vehicle' is utilized as an example 
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of the type of vehicle, and the performance required, for adaptation 
to the Thor airframe for satellite missions. Although other missile 
canponents could he included for this application, it is believed that 
the Vanguard second-stage could be available at an earlier date and would 
have a greater flexibility than other components; for example, 
a modified Sergeant-type solid-propellant booster with a special control 
system added for vehicle orientation after burn-out. 

The Vanguard second staga consists of a propulsion package manu¬ 
factured by the Aerojet-General Corporation and assembled into a complete 
second stage by the Martin Company with the addition of the guidance 
(autopilot) and control components. The basic ascent trajectory and 
sequence of operations for the proposed satellite are predicated on many 
of the features of the Vanguard design. That is, there are two phases 
of powered flight, followed by a coast period during which the missile 
is oriented and the third stage is spun around, its roll axis prior to 
third-stage ignition. The weight of the satellite package discussed in 
the following sacion, 300 3b, is less than the weight carried by this 
section in the Vanguard vehicle (approximately 500 lb). 

This sternary discussion of the Vanguard second-stage vehicle, and 
the performance data presented in Table 2, are. based on Kefs. 3 and 
The propulsion package (Aerojet AJ-10) includes a 7500-lb thrust 
(vacuum conditions) rocket engine using unsymmetrical dimethylhydrazine 
(UDMH) and inhibited fuming nitric acid (WXFNA) as propellants. The en¬ 
gine is regeneratively cooled and is gimbal-mounted to provide thrust 
vector control. The propellants are praesure-fed to the thrust chamber 
by the pressurizing gas (helium augmented by a solid gas generator). The 
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Table 2 

VANGUARD 52C0ND STAGE 

Weight Da ta 

Structure.150 

Powerplant (including tanks) « » . 450 

Controls and guidance 2?0 

Electrical system.150 

Dry missile weight (less upper stage). . . 1020 

Residuals ... . 60 

Burn-out weight (less upper stage) ...» 1C80 
Usable Propellants. 3320 

Gross stage weight. \ ♦ • . . i 4400 

Performance Data (vacuum conditions) 

Thrust . . rV. . *' 75001b 
Specific impulse-'* . *•■■278 sec 


hart:-. t 


-,T.J ,V-«f 
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pressurization system (helium tank) is located between the propellant 
tanks. After main-stage burn-out, the residual pressurizing gases are 
used in the control jets for orientation control during the coasting phase 
of the trajectory, 

The second-stage structure includes an aft skirt, tank section, and 
the forward instrument and housing section. The aft section is constructed 
of a magnesium alloy, while the tank section (with the integral pressuriza¬ 
tion sphere) la heat-treated stainless steel. The forward instrumnt and 
housing section are of a magnesium-thorium alloy. This section houses 
the guidance equipment, the spin assembly, and the third-stage solid pro¬ 
pellant rocket. The satellite.(orbiting stage) is attached to this 
section as shown in Fig, F-2. 

THISO-STAGS SOCKET 

The long-range ascent path for this type of satellite requires the 
addition of only a small velocity increment (about 450 ft/sec) to place 
'the vehicle in orbit, A shorter Herat path would permit a heavier pay- 
load to be carried, but the increased AV required for the orbit would 
call for a larger unguided solid-propellant rocket than is stipulated 
here, with attendant undesirable increases in angular and velocity errors 
(see Appendix S), Uncertainties in the total impulse of the solid rocket 
(about 1 per cent) could be expected to vary the actual velocity increment 
by 1 per cent or about 5 ft/eec for the selected trajectory, which can 
easily be tolerated. 

The deeign of the aolid third-stage rocket is based on a shortened 
Scale-Sergeant case and grain using Vanguard third-stage propellants, 
which gives 245 sec specific impulse at altitude. The propellant weight 
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of 20 lb with an inert weight of 6 lb will give the required velocity 
increment of 450 ft/sac. 

satsllit; stags 

For this discussion, the satellite stage is divided into three 
major components: the payload installation, the recovery system, and 
the structure. The payload equipment...is considered to be packaged 
in a short cylindrical section (35 inches in diameter, 6 inches in 
length).... A list of the components and the estimated weights are 
included in Table 3. 

The recovery system includes the tracking and recovery beacon, and 
the retro-rocket which is the‘heaviest single component in the satellite. 

For simplicity it is suggested that the entire satellite be recovered. 

As larger payload is incorporated,'it nay be desirable to recover 
only individual packages, allowing a greater percentage of the 
satellite to be utilized for useful payload. 

For the design proposed in this report, the retro-rocket delivers 
approximately 1500 ft/sec velocity increment to initiate descent from 
orbit. The Sacle-Sorgeant motor is adequate for this application. Weight 
of the retro-rocket is about 22 per cent of the total weight of the orbiting 
stage. Table 4 summarizes the weight breakdown of the recovery system. 

The basic configuration of the satellite is a modified double cone 
with spherical ends as shown in Fig, 2 on p. 6 , The forward surface is 
covered with a plastic-flhepgl as material for heat protection through 
vaporization during re-entry. The shell is constructed of a magnesium 
alloy stiffened with a honey**coob or foam plastic for rigidity. The aft 
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Table 3 

PAYLOAD INSTALLATION HEIGHTS (lb) 


Payload System ........ 


. 51.5 



. " 8.5 


....... 0.5 


Sun sensor . 

.L 


Battery .. 



Clock. 

.1.0 


Hisc. 




Containsr 


20 


fetal parts.IS 

Bovironaent.*.5 


Total Installation Weight 


80 
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Table 4 

Bgcovaff 5I5T5K WEIGHTS (lb) 

Retro-rocket.■.60 

Propellants ..51 

Inert part.. 

Tracking beacon.16 

Beaem 

Transponder 

Battery 

Antenna & cable 

Recovery beacon. 9 

Beacon 

Battery 

Antenna & cable 

Total installation weight.85 
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portion of the shell structure is covered with a -thin plastic coating • 
for heat protection. A summary of the • tructural weights is given in 
Table 5. 
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Table 5 

STRUMS WEIGHT StEMARX (lb) 

Ketal akin. 15 

Heat shield. 65 

Aft plastic covering. 10 

Plastic fbaa. 40 

Total structure Height. 130 








SM-2022 

11-12-57 

97-98 


BsmMcss to AF?aron ? 


1. Douglas Aircraft Company, Report SH-27156, Thor WS-3I5A Technical 
Report, January-December 1956 (Secret). 


2 . 


Douglas Aircraft Company, Report SM-27034, 
Report. December 15, 1956 (Secret). 


3. D.S. Naval Research laboratory, Design Specifications for Yamroari 

launching Vehicle, BRL Spec. No. 4100-1, revised 29 March 1956 (Con¬ 
fidential)." 


4 . 0.S. Naval Research Iaboratoiy, Project Vanguard Report of Progress, 
Status, and Plane, 1 June 1957'(Confidential), 
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B. I. Gehler 


Tracking che satellite will be required to establish an orbit 
sufficiently accurate for coordination of data, for triggering the 
retro-rocket at the desired tine for descent, and for establishing 
the descent path to facilitate impact location. Because of the 
near-polar orbit, location of tracking stations at high altitudes 
will be favored. The required number and location of trackers will 
be dictated partly by the guidance accuracy on which one can depend. 

Since tracking accuracy deteriorate* *t lav elevation angles, it is 

highly important that the satellite pass vithin * range which permits 

• : V >£--:>■ l ■ eat tfew -cc »•?.'. .■*. v.. .*.? ' 

sufficient tracking data to he obtained at elevation angles greater than 
20 °. ?or a narinal 150 -*ile (itatote) height, this requires that the 
satellite pass vithin 5° of ihe station (asasured on a great circle path), 
or within 3^5 »Ue* ground range. To ensure against guidance inaccuracy in 
launching, it is suggested that two or three trackers he used in an arrange- 
■ent which generally places then vith a 200 ille east-vest separation, 
yor a launching froca Caap Cook and recovery in the Pacific, this would 
indicate Alaska as a favored location for these trackers, fran which the 
descent wuld he ecnaanded and the inpact point predicted. Three such 
trackers located *t a reasonahle high latitude in the eastern part of the 

' : TO*) t. * ; 

Baited States or Canada would he required to track an early pass for orbit 
’prediction.' 

Tracking data would he la the fora of two angles and a range to give 
position fixes necessary for orbit prediction, A ainirao of two positions 
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and the corresponding time are required, Additional tr ying data vould 
necessarily he used in reducing the effect of noise errors, the use of 
range Information relaxes considerably the requirement for angular 
accuracy. To obtain range, a transponder in the satellite is required. 
This, however, is consistent vitb the requirement for a ccnoand receiver 
in the satellite tor firing the ratro-rodet, Tor a CV system, modulation 
of a caasand transmitter at the trader and renodulatlcn in the satellite 
in a manner similar to that used by Azusa for range measurement is a 
feasible scheme. 

The frequencies used would he ncclnally 500 me for the satellite 
transaitter and £00 me for the-ground-cona and transaitter. Since circular 
polarization is required, the satellite antenna wold he a turnstile or 
helical design so.located that the inertial orientation of the vehicle vill 
point the axis of the antenna toward the trader to within at least 6o°, 
Amplitude modulation of the output stage of the satellite transaitter, 
which will have a erysttl-cmtrcdJed master oscillator, will permit trad¬ 
ing in angle by either an interfereneter-type system or a conical scanning 
system. It would permit range measurement to he made by phase canparison 
of the modulation frequency which is transmitted one way on a nominal 
200 -ac carrier and had on a nominal 500 -ms carrier. 

Tor a satellite at 150 (statute) miles height cn a circular orbit, a 
velocity increment of 1500 ft per sec delivered along the longitudinal 
axis when the vehicle is at 65° S n Lat, (over Alaska) vill cause a descent 
to about 200,000 ft altitude in about 6 minutes with inject about 5,5 
minute« later. If caamacded at 5, I&t. the impact vill occur at about 
32° I. Lat. Generally, it vould he preferred that the satellite pass near 



EM-2012 

11-12-5? 

101-102 

the wraith vith respect to the tracker si» ee Mi gives the Bradman mount 
at useful tracking data, but convention*! radar tracker* ire not gi*balled 
to permit tracking through the lenith. 

Preliminary estimates indicate that * tracker ehieh can aeasture 
angles to shout 0.1 *U and range to shout 0,1 mi of systematic error, 
vill permit prediction of the impact point to shout J n ai if the tracking 
Is aeconrpliahed after the descent has been conaanded. Angle information 
good to about 0.1 ail (ayateaatic srror) can be obtained from either a 
conical-lean system or an interferooeter type, 

A Ctf-type transponder can be designed vith caller space and wight 
wquiraKrt in the vehicle than a pulse system vith the required perfor- 
Baaee, It la estiaated that a pulse-type transponder can be idapted from 
an editing design and vill veigh about 15 pounds' vith pcwr aupply. A 
CW-type could be built to veigh shout 10 pounds vith pover supply. 

Since early aval lability is of parauount laportance, one should pro¬ 
bably eonaider adapting an existing ticking radar such as the JPS-l6,^ or 
Hike missile-tracking radar to do the Job. This wuld require modification 
of the range circuits, at least in the Hike. If one considers the use of 
ihipbonie radars and probably reduced accuracy in prediction, the SPG-ty? 
is a good possibility. 

For a recowry beacon it ia proposed that a spring-ejected ufcip 
antenna be extended vertically through the satellite skin after Inpact. 

The antenna vill be excited by a 50 sc oscillator designed to radiate about 
0.25 The signal strength at 50 niles vculd be about 55 nr/ceter 
vhich should be ideijiate for airborne direotion finding. The estiaated 
wight for this design, for a 5-day operation, totals about 5 pounds for 
the transmitter, antenna, and batteries. 
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Appendix H 

H5-ESTBY AHD RECOVERY 
C, Gazley, Jr, 


departure from orbit 

Descent from the orbit is achieved by the command fixing of & braking 
rocket as described in Ref. 1, Since the vehicle's orientation is condi¬ 
tioned by [geometry], and because of the relative positions of that area 
and the desired recovery area, the braking rocket is fired forward 
and upward. This results in a downward and backward velocity impulse 
superimposed on the orbital velocity. The resulting velocity vector 
is oriented downward at an angle j with the local horizontal (Fig. 

EE-1) * The vehicle is now effectively in a ballistic trajectory 
comparable to the ’low-angle* (i.el, lower than optimum) path of a 
long-range ballistic missile. 

For the desired range of about 2,000 n ni and an iaqjulse angle 
0 =• 110 - 125 °, a velocity impulse AY * 1 , 500 - 2,000 ft/second is required. 

This yields a resultant velocity Y^s. 2h,8oo ft/second and a path angle 
7 • 3-V\ Descent from this point follows a ’vacuum' path down to an 
altitude of about 250,000 ft. Below this altitude, atmospheric drag 
effects increase and ultimately predominate over gravitational influences/ 
Vacuum ranges are shown' in Fig, 1-3 as a function of the magnitude and angle 
of the velocity increment. Descent from the orbital altitude to 250,000 ft 
is accompanied by a velocity increase to 25,500 ft/second and an angle 

The altitude region where drag becomes important depends, of course, 
on the drag-mass characteristics of the body. 
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Fig. H-l—Vehicle orientation in orbit and 
at time of velocity increment 




7, degrees 


Fig.H-2-Conditions at altitude of 250,000ft as a function 

of magnitude and angle of velocity increment 
Circular orbll = 150 statute miles 
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increase to 7 ■ 4° or 5°. Conditions at this altitude are shown in Fig. H-2 
as functions of the Impulse characteristics. 

Radio observation of the vehicle immediately after the beginning 'of 
descent establishes a predicted vacuum path. This, together with estimated 
atmospheric effects, enables a prediction of an approximate impact area. 

The problem is similar to that described previously for the recovery of a 

( 7 ) 

satellite through natural decay of the orbit. “ In that case, 

the predicted ijmact area was a narrow strip, a few miles vide and several 
hundred miles long. In the present case, the steeper descent results in 
a smller uncertainty in range error. Final recovery is accomplished by 
overflight search. This, of course, requires operation of the radio bea¬ 
con after the vater impact. 

mSPHSRIC DRAG AND MM 

. The effect of the earth's atmosphere on the vehicle's path and velo¬ 
city is dependent both on the approach path and on the vehicle's ac6- 
drag characteristics. For even a rather shallow entry angle (say 5° or 
more), the path in the atmosphere is essentially linear - at least until 

after appreciable deceleration and heating have occurred. For this type 
(3) 

of path, an approximate analysisic sufficiently accurate for estimation 
of deceleration and heating. By this analysis, the velocity altitude varia¬ 
tion is given by* 

Vc hi „ 

JL . , “ 7 to 


(1) 
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The velocity-altitude variation, as given by this equation, is shown in 
Fig. 1-3 for several values of the drag-mass parameter, Cp^/tf ain #. It 
is seen that similar curves result, with relative displacements for 
various values of the drag-mass parameter* The maximum deceleration 
occurs when the velocity has been reduced to about 6l per cent of the 
initial value. The ma xim um deceleration is independent of the vehicle's 
site, shape, and mass and is dependent only on the initial velocity and 
on the entry angle. For the present case, the maximum deceleration 
amounts to about 20 g's. The altitude al avxinuni deceleration is depen¬ 
dent on the entry angle as well as on the drag-mass characteristics of the 
body. 

As in any preliminary design, the tentative choice of parameters 

. involves a cyclic process in which considerations of structure, heating, 

I ' 

recovery, etc., all contribute to the final choice. Although the reasons 
for choosing various phases of the vehicle design will be developed in 
this Appendix, it is necessary for discussion purposes to describe that 
design here. The vehicle is essentially an ellipsoid with a maximum dia¬ 
meter of about 3 ft. While its orbital weight is 300 lb, about 50 lb (of 

/ 

propellant) is used to initiate descent from, orbit, so that the weight at 
atmospheric entry is about 250 lb. This results in a drag-mass parameter, 
sin y * 0.155 sq ft/li, which yields the velocity-altitude varia¬ 
tion shown by the dotted line in Fig. H-4. A marimrrc deceleration of about 
20 g's occurs at 110,000 ft altitude. Choice of the weight stemmed from 
booster capabilities and desired.payload. Size.and-shape-evolved from 
considerations of packaging and of beating and recovery. The payload, 
radio beacon, antenna, batteries, etc., are. arranged to .-preserve entry 
stability and permit recovery. 
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Fig.H-4—Velocity variation with altitude 
for atmospheric entry 
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As previously noted, the orientation of the vehicle is controlled by 
a moderate spin rate so that the vehicle is properly oriented .... 

The original orientation will be approximately preserved during 
the first fart of the return trajectory, so that initial atmospheric entry 
will he rear-end first. By displacing the center of gravity toward the 
front of the body, aerodynamic forces can be made to re-orient the body. 
The design, of course, should be such that the re-orientation is completed 
before heating is appreciable,* 

Ultimately the body fall® vertically at terminal velocity: 



■which results in an impact velocity of about boo ft/second for the-body 
described. 

BS-gffHg- HBAEEB5 ASP SURFACE PRCTSCTIOS 

During penetration of the atmosphere, a vehicle's kinetic energy is 
converted into thermal energy of the surrounding air. Seas of this thermal 
energy is transferred to the body as heat. The rate of this transfer 
varies during descent both with air density ana vehicle velocity. Seat 
is transferred by both convection and radiation from the hot gas 'cap* 
over the front of the body to the body's surface. The rates of both con- 

—- t 

A similar problem occurred in the case of the recovery ctf a circum- 
lunar vehicle. W A dynamic analysis indicated that, for an essentially 
backward initial entry, the vehicle becomes righted at in altitude of about 
250,000 ft. It then oscillates about the desired orientation; as the alti¬ 
tude decreases, the"oscillations"decrease'in magnitude and increase in fre¬ 
quency, The predicted amplitude was about 10°, and the frequency about 15 
cycles/seccmd in the region of maximum heating and deceleration. 
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vective sod radiative heat transfer increase with air density and vehicle 
velocity, and are thus cost Bevere vhen high velocities are allowed to 
persist into the lower atmosphere. 

Belov about 300,000 ft altitude, the atmosphere is dense enough to 
give an effective continuum type of flow. Sere a shock wave occurs ahead 
of the body and the thermal energy-appears in the hot 'shocked' air be¬ 
tween the shock wave and the body, passage through the shock wave increases 
the air density by a factor of ten or so, increases the temperature ten- to 
fifty-fold, and causes appreciable dissociation and bod* ionization. Heat 
is transferred from this heated region to the vehicle surface by convection 
(and conduction) through the vfscous boundary layer and by radiation from 
the hot gas. Shen the boundary layer is of the laminar type (say above 

about 100,COO ft altitude), the convective heating rate per unit fronts^ 

. . (M 

area may be approxtated, for relatively blunt bodies, as v 



It will be noted that this indicates a variation in heating rate per unit 
surface area with the sine of the angle of surface inclination. A turbu¬ 


lent boundary-layer condition, occurring in the lower atmosphere, results 
in heating rates which are higher by about an order of magnitude. 

Surface heating by radiation from the hot-gas region is still some¬ 
what a latter of conjecture. Preliminary work, however, indicates that 
- . , ■ ■■ or ■■-‘W- < 

it becomes appreciable only when very high velocities are allowed to per¬ 
sist into the lover atmosphere. For the present case it is judged negli- 




KM-2012 

11 - 12-57 

112 


The heating rate increases during the initial stages of entry because 
of the increasing atmospheric density. However, it reaches a maximum 
value when the velocity has been reduced to about Bo per cent of its 
initial value where the rate of decrease of Telocity over cones the rate 
of increase of atmospheric density. Thereafter, the heating decreases as 
additional deceleration occurs. As described more extensively elsewhere^ 
the aerodynamic heat input can be balanced by,thermal radiation from a thin 
metallic akin providing the heating rate is lov enough so that the maximum 
equilibrium surface temperature is allowable for the surface material. 
However, this requires a rather light body or a drag-brake device so as 
to provide deceleration high in the atmosphere. In the present case, for 
the sake of simplicity, such complexity is not desired. Therefore, the 
... radiation technique of heat rejection has been discarded in favor of some 
means'of heat absorption. 

One possibility is the use of a thick metallic skin to absorb the 
heat by temperature rise. Such a system is not' very efficient from a weight 
standpoint, however, absorbing only about 100 3tu/lb,^ More efficient is 
the use of a surface material which absorbs heat by a phase change. Heat 
absorptions of the order of 1,000 to 5,000 Btu/lb or sore appear to be ob¬ 
tainable through the use of a material which vaprozes.^"^ For example, 
it has been estimated that the depolarization of Teflon will absorb some¬ 
what aore 'than 1,000 Btu/lbother plastic materials yield values up to 
5,000 Btu/lb,^ and graphite gives a value in the order of 10,000 Btu/lb. 
Advanced ICBM re-entry body designs involve the uae of such ablation systems, 
and the Jupiter currently uses such a system. She required weight of such 
a vaporizing surface material depends on the total heat input during ataos- 
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pheric penetration. If ve integrate, for example, the lamina r convective 
heating rate (Eq. (5)) over the time of entry, the total heat load is found 


yi OsjY’* 


(rvrz' 

V y W sin y a ; 




and for a surface material having a heat absorption per unit Might, 7, 
the veight of cooling system is found to be, In ratio to the total weight,* 



This equation yields the rather surprising conclusion that the cooling- 
systen weight requirement increases with the drag-mass parameter. A 
somewhat similar expression can be derived for turbulent convective 
heating. A qualitative picture of the weight requirements for a cooling 
system or drag brakes is indicated in Fig, H-5 as a function of the drag- 
mass parameter. Two minima appear; one where the drag-mass parameter is 
slightly greater than that which would bring about heating in the lover 
atmosphere with consequert higher turbulent heating rates, the other 
where the.drag-mss parameter is Just large enough so that radiative heat 
transfer is possible and yet not large enough to require a large weight 
in drag brakes. To avoid the complexity of drag brakes, the first of these 


This, of course, presupposes that the ratio V^fv is relatively small 
compared to unity, since the velocity variation, Eq. (1), assumes a constant 
mss. For larger values of the weight ratio, a aeteor-type analysis which 
takes into account the changing mss voulc have to be used. 
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minima was choeen. The choice, as described previously, is an ellipsoidal 

tody about 3 ft in diameter and weighing 250 lb at the beginning of re-entry. 

* 

Because of the shallow angle of atmospheric entry, the aerodynamic 
heating rates for this recovery are lower than those experienced by an 
ICBM re-entry body. However, the more gradual deceleration involves a 
longer time of heating so that the total heat load is greater, as Eq. (5) 
indicates. This means that a greater fraction of the total weight is re¬ 
quired for heat protection. Thus, while only about 5 per cent of the 
total weight of an ICBH re-entry body may be ablated, the present eabe 
involves somewhat more than 10 per cent. 

Using a vaporizing material with a heat-absorbing ability of 2,500 
Btu/lb, about 35 lb of surface material is predicted to vaporize during 
descent. Using t relatively generous factor of safety, 65 lb' of heat- • 
absorbing surface has been postulated for this vehicle. This corresponds 
to an average thickness of about 3/8 in., with about one-half ablating 
and one-half remaining. 

WATER IMPACT PHESOMSKA ^ 

In an initial program for the recovery of the satellite, it would be 
desirable to keep the return package as simple as possible. This would 
increase our ability to predict reliably the behavior of the vehicle 
during its-re-entry. Therefore, a minimum of reliance should be placed 
on such devices as drag brakes, parachutes, reverse rockets and the like , 
just before inpact. The satellite must survive impact on return to earth 
and the radio beacon must continue to operate after impact. 

Analysis shows that the internal equipment can be protected and the 
deceleration loads kept to below 1,000 g’i. 
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The payload, beacon and batteries are connected to the forebody 

by means of a properly choeen plastic, vlth properties conpatibis with 
the deceleration loads that can be tolerated by the internal components 
(several plastic materials vlth suitable combination of properties are 
available). 
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SIMBOLS POE AFPCTDXX 5 


A c frontal (cross*sectional) area of body 
A g surface area 

C D drag coefficient 

d characteristic dimension of body 

e base of natural logarithms 

g gravitational acceleration 

h altitude 

M Mach number 

q. heating rate 

Re Reynolds nunber, dup/p 

u velocity' 

Uj •' velocity at initial entry condition 
W mass of body 

x distance 

a exponential coefficient in density relation, c * e"^ 

p atmospheric density 

Pgj, atmospheric density at sea level 

a density ratio, p p^ 

7 path angle vith local horizontal 

p viscosity 

Subscripts 


LC lam^nr connection 
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